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SUMMARY 
A limited investigation of the internal-flow characteris,tics of 
two novel designs of internal-compression air inlets has been made i n  
the Langley 9- by 12-inch supersonic blowdown tunnel a t  Mach numbers of 
1.96 and 2.55. The tests were made a t  an  angle of attack of Oo and a 
Reynolds' number of approximately 6.7 X 10 6 per foot. The resu l t s  of the 
t e s t s  show that a longitudinally slotted contracting channel and the 
effective contracting channel formed by the natural thickening of the 
boundary layer   in   a  confined channel can be used to obtain pressure 
recoveries up t o   a t   l e a s t  0.90 of free-stream total  pressure a t  a Mach 
number of 1.96 and 0.81 of free-stream total pressure a t  a Mach number 
of 2.55, provided large portions of the captured flow are bypassed. 
Such compression surfaces w i l l  also afford a range of stable and uniform 
flow near the peak pressure recovery 'value. 
Additional research i s  needed t o  bptimumize these designs and t o  
establish the drag due to  the bypassed flow and the performance charac- 
t e r i s t i c s   a t  off-design flight conditions. 
INTRODUCTION 
The propulsive efficiency of air-breathing engines and, hence, the 
overall performance of jet-propelled aircraft i s  largely dependent upon 
the characteristics of the  a i r  flow to the engine. Included i n  the 
parameters which determine the engine air-flow characteristics are total- 
pressure recovery and flow s t ab i l i t y  and uniformity over the duct cross 
section a t  the engine i n l e t .  The ideal  flow characterist ics,  of course, 
correspond t o  a recovery of: 100 percent stagnation pressure and, hence, 
uniform and steady veloc.ity across the duct, As the speed of a i r c r a f t  
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increases from Mach numbers of about 2.0 t o  much greater values, it 
becames increasingly difficult t o  even approach these ideal engine air- 
flow characterist ics  while  satisfying the engine w i t h  i ts  required  rate 
flow of air which varies with Mach  number and altitude. Variable geometry 
has been incorporated into some supersonic inlet designs in order that the 
large spillage drag and losses in pressure recovery resulting from in l e t -  
engine mismatching can be avoided. (See, fo r  example, re fs .  1 t o  3.  ) 
Although this required addition to the inlet design has generally made 
supersonic fl ight of air-breathing engines more efficient,  there i s  s t i l l  
much t o  be desired in the internal-flow characterist ics of supersonic 
air-intake  systems . 
The important gains i n  propulsion performance of a i r c r a f t  that can 
resu l t  from improving the design of air-intake systems t o  be used a t  
supersonic speeds warrant the exploration of new air-inlet  design 
approaches which have possible merit. Two novel devices for obtaining 
supersonic compression are studied in the present investigation. One of 
the devices i s  a compression surface which may  be described as an in te r -  
nally contracting longitudinally s lo t t ed  surface; the other device may be 
described as the effective contracting surface provided by the internal 
boundary-layer growth under the large adverse pressure gradient present 
i n  short  supersonic diffusers. In both cases, large quantities of the 
captured a i r  flow were bypassed. The total-pressure recovery and i ts  
uniformity were measured a t  an assumed engine compressor face. The range 
of weight flow over which s table  flow could be obtained was determined. 
Each design was tes ted   in   the  Langley 9- by 12-inch supersonic blowdown 
tunnel near i t s  design Mach  number of 1.96, 2.06, o r  2.50. 
SYMBOLS 
A area 
g  acceleration of gravity 
M Mach nunber 
P s ta t ic   pressure 
P t  total   pressure at engine compressor face 
Pt,= free-stream  total  pressure 
f 
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p t  - average  total-pressure  ratio weighted w i t h  respect   o   local  
P t  ,oo 
&%)($a 
weight flow, 
r radius 
v velocity 
W weight  flow, lb/sec 
iB 
we - engine  weight-flow r a t i o  
WC , 
i 
d X longitudinal  dista ce 
%E 
1 kinetic energy efficiency (ref. 7)  
!I P mass density,  slugs/cu f t  
Subscripts: 
b bypass 
C capture 
des  des  ign 
e engine 
ITBX maximum 
m free  stream 
DESIGN  CONSIDERATIONS 
Design 1 
3 
The first  air- inlet   design  ut i l ized a longitudinally slotted 
internal-cmpression surface as a means of supersonic diffusion (fig. 1). 
The basic design i s  similar to the design of reference 4 i n   t h a t   s p i l l i n g  
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flow through the supersonic diffuser walls allows supersonic flow in dif-  
fusers which have geometric contraction ratios equal t o  or  greater than 
the theoretical  maximum. Furthermore, this spil l ing allows the diffuser 
system t o  operate over a range of Mach numbers and a t   a .h igher   p ressure  
recovery as a result of 'flow removal ahead of the subsonic diffuser. The 
use of longitudinal slots was chosen rather than the circular holes used 
f o r  the models i n  references 4 and 5 because it was f e l t  that the s l o t s  
could be designed t o  afford a more stable flow with less loss t o  the 
bypassed flow. ' F q h i s  design, the inlet  shroud was s ized relat ive t o  
the  throat  such as t o  embrain a fu l l  f ree-stream tube (We/Wc = 1 .O) a t  a 
Mach  number of about 1.96. The lower Mach  number f o r  entrainment of a 
full-stream tube is determined by the maximum choking area of the bypass 
system, inasmuch as the difference between the maxim& flow through the 
inlet throat  and that captured by the shroud must be bypassed. (For this 
case, the lower design Mach  number  was about 1.5.) The upper operational 
Mach number limit f o r  such a design is  that Mach number where the air- 
flow ra t e  t o  the engine no longer satisfies the engine requirements or 
additional thrust from the engine can not be obtained. 
The internal-compression surface and subsonic diffuser were designed 
by using one-dimensional flow relat ions and by using the a rb i t r a r i l y  
chosen longitudinal Mach  number dis t r ibut ion shown in  f igure  2. The r a t e  
of Mach number decrease in the supersonic diffuser, although probably far 
from optimum, was chosen i n  order t o  keep the overall system short and 
l i gh t .  The r a t i o  of inlet capture area t o  throat area was 1.64, which 
is  the  ideal  area  ratio f o r  = 1.96. 
The bypass s l o t s  were designed t o  accommodate a weight flow equal   to  
the difference in weight flow captured and that passable through the inlet 
t h roa t  a t  a Mach  number of 1.5. The annular bypass exit was similarly 
sized. The r a t e  a t  which the mass was removed, with distance along the 
slotted  portion of the diffuser  (f ig.  3) , was again an arbitrary choice. 
The primary objective was t o  remove the mass gradually and thereby avoid 
strong waves i n  the supersonic diffuser. The width of the s l o t  openings 
at  any point w a s  governed by this dis t r ibut ion of flow removal. The s l o t  
width was calculated by assuming that one-eighth of the   to ta l  flow t o  be 
bypassed a t  any point along the slot must pass through the s l o t  perpen- 
dicular t o  the compression surface and a t  sonic velocity. The gradual 
decay of mass removed a t  the downstream end of the   s lo t s ,   in   addi t ion   to  
allowing a smooth t r ans i t i on   i n  flow removal rate, also provided a tapered 
s l o t  which, it was believed, would be beneficial in achieving a range of 
engine weight-flow rates that would not be subject t o  ins tab i l i ty .  
The bypassed flow was channeled t o  the annular bypass i n  "U-shaped" 
.channels. Each of.  the eight slots emptied into individual channels. The 
cross-sectional area of each channel a t  any longitudinal point was deter- 
mines by integrating  the  curve  for  the  desired bypass weight-flow removal 
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normal t o  the  s lo t  opening a t  each s ta t ion from the forward end of the 
s l o t  rearward to the desired station and then computing the area 
required to  pass  this  total  weight flow longitudinally i f  losses are 
assumed equal t o  those of a stream normal shock. 
The design ordinates and pertinent dimensions fo r  design 1 are pre- 
sented in   t ab le  I and figure 1. 
Design 2 
The second i n l e t  w a s  designed to  ut i l ize  the natural growth of the 
internal  boundary layer as a means  of supersonic compression. It i s  
known that a t  supersonic speeds the shock wave that stands ahead of 
forward-facing steps or subsonic air in l e t s  i s  not a single wave a t  the 
surface but rather i s  a multiple wave as pictured in sketch A .  In  ref- 
erence 6, fo r  example, it i s  shown 
tha t  for  a fuselage side inlet  the 
boundary layer separates ahead of 
the inlet  and forms an effective 
wedge, as indicated in the sketch. 
The pressure recovery through the 
multiple shock wave i s  higher than 
that  through a normal shock. 
Furthermore, f o r  i n l e t  weight-flow 
ra t ios  of the order of 0.6, a major 
portion of the separated boundary 
layer sweeps around the sides of 
the inlet  as a resu l t  of l a t e r a l  
pressure gradients. 
In the case of an axissym- 
metric open-nose inlet ,  the  corn- 
pression wave is  a normal. shock. 
(See sketch B. ) Inasmuch as there 
i s  no shock-boundary-layer in te r -  
action, the only additional losses 
to  the internal  flow other than the 
normal shock loss  are those asso- 
ciated with the subsonic diffuser. 
Now i f  a cylinder were 
adjusted around the nose inlet  t o  
form a cowl or  shroud, the corn- 
pression wave might be expected t o  
interact  with  the'boundary  layer on 
the .inner surface of the cylinder 
in .  a manner similar to  the  interac- 
t ion of the compression wave ahead 
Sketch A 
Sketch B 
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of the subsonic fuselage side inlet 
with the fuselage boundary layer 
(sketch C )  . This shock interaction 
should  afford higher than normal 
shock pressure recovery, provided 
no separated flow enters the inlet 
throat.  It would appear that the 
total   height  of the separated flow 
would depe'nd, t o  a large extent, on 
the amount of flow allowed t o  
bypass. This bypass flow rate, of 
course, depends on the weight flow 
allowed through the subsonic dif-  
fuser, on the bypass losses, and on 
the e x i t  area. It is  believed that 
a radial pressure gradient would 
ex i s t   fo r  the described case which 
would tend t o  prevent the separated Sketch C 
boundary layer from -entering the 
subsonic diffuser, provided some bypassing is  allowed a t  a l l  times. 
A configuration such as the one shown i n  sketch C might be expected 
t o  have flow character is t ics  similar t o  a fixed convergent-divergent 
diffuser and, hence, be unstable near i t s  peak pressure recovery value. 
In order to increase the probability that sane range of stable flow 
could be achieved, the inner surface of the shrouds tested was made t o  
diverge conically from a point upstream of the subsonic diffuser inlet 
( f igs .  4 and 5 ) .  The subsonic diffuser for this  design was conical and 
had a divergence angle of 2.650 ( f ig .  4) . 
If stable flow could be attained for a usable range of engine 
weight-flow rate, it appeared that this approach t o  obtaining efficient 
supersonic compression might be pract ical .  Accordingly, two' "boundary- 
layer" compression i n l e t s  were designed. The primary difference between 
the two was a difference i n  contraction ratio.  One inlet was designed 
to  en t ra in  a full-stream tube a t  I$, = 2.06 w i t h  a total-pressure ratio 
of 0.92 assumed at  the subsonic diffuser inlet .  The other inlet was 
designed t o  capture a fu l l  free-stream tube a t  a Mach number of 2.5 i f  a 
total-pressure ratio of 0.80 i s  assumed. The difference between the 
flow captured and that passed through the throat a t  design conditions 
was  t o  be.bypassed for both configurations. The bypass area was adjust- 
able from fully closed to an open area equal to 2.61 square inches. A 
sketch showing pertinent dimensions f o r  the cowls i s  presented i n   f i g -  
ure 5 .  
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INSTRUMENTATION AND TESTS 
A rake of 16 total .  and 3 static tubes was used t o  determine the 
engine weight-flow ra t io ,  mean total-pressure ratio, and duct pressure 
profiles a t  an assumed compressor in le t  s ta t ion  ( f ig .  6 ) .  This rake 
w a s  used f o r  a l l  models. The pressures were recorded on flight-type 
quick-response pressure-recording instruments. 
A rapid-response pressure pickup installed in the subsonic dif- 
fuser wall  (figs . 1 ahd 4) was used to  indicate  the onset of unstable 
flow and buzz (oscillating flow). The output of this pickup was 
recorded on an oscillograph and monitored on an oscilloscope. A s  a 
result of an inabi l i ty   to  check calibrations of the pickup before and 
after tests, the apprent magnitude of pressure oscillations was not 
considered accurate; hence, the pickup was used t o  denote unstable flow 
and buzz only. 
Longitudinal static-pressure distributions were measured for   the 
longitudinally slotted diffuser configuration (design 1) only. The 
location of these orifices i s  indicated in figure 1. 
A limited attempt was made t o  measure the total-pressure recovery 
of the bypassed flow for design 1. The measurements, unfortunately, 
did not prove t o  be complete enough t o  give bypass drag information and 
consequently are not presented. 
For some of the t e s t s  of design 2 (boundary-layer compression 
i n l e t ) ,  roughness par t ic les  and boundary-layer t r i p  wires were used on 
the inner surface of the cowl or shroud to insure the existence of a 
thick turbulent boundary layer. The roughness par t ic les  used were 
from 0.012 t o  0.018 inch i n  diameter and the t r i p  wires were 0.021 inch 
i n  diameter; the location of each is  indicated in figure 5. 
The models were mounted on the tunnel center l ine a t  an angle of 
attack of Oo. The test ing procedure was to  preset  the bypass area and 
control the weight flow through the subsonic diffuser w i t h  a remotely 
actuated exit plug. Data were taken for a number of "engine w e i g h t -  
flow rates" a t  each bypass area sett ing.  A var ia t ion  in  emgine weight- 
flow rate necessarily corresponds to a var ia t ion  in  bypass flow rate, 
inasmuch as the capture area always flows ful l .  A shadowgraph system 
was used to  insure that the cowl flowed fu l l  fo r  a l l  data points taken. 
The t e s t s  were conducted i n  the Langley 9- by 12-inch supersonic 
blowdown tunnel at  Mach numbers of 1.96 and 2.55. The corresponding 
nomi,nal Reynolds numbers per foot were 6.8 x 10 and 6.6 x 10 , and stag- 
nation pressures were 25 and 32.'2 pounds per square inch absolute, 
6 6 
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respectively.  In this investigation, d a t a  were obtained for each con- 
figuration a t  near design Mach number only. 
Design 1 
The average total-pressure ratio as a function of engine weight-flow 
r a t i o   f o r  the longi tudinal ly   s lot ted  inlet ,  as tes ted a t  a Mach number of 
1.96, i s  presented as figure 7 for various bypass ex i t  areas. The weight- 
flow ra t ios  where in s t ab i l i t y  and buzz were observed are indicated. 
Inasmuch as that portion of the weight-flow range characterized by buzz 
is not generally considered acceptable, the following discussion i s  
res t r ic ted  to  s tab le  flow conditions only. It might be of interest ,  how- 
ever, to note that two types of buzz were observed during the test. The 
more conventional low-frequency buzz w a s  observed a t  the low weight-flow 
ra t ios  where the terminal shock was upstream of the diffuser throat. A t  
the high weight-flow rat ios ,  when the shock stood i n  the subsonic diffuser, 
a higher frequency, lower amplitude buzz or osci l la t ion was observed. It 
is  not clear frm these present data whether this high-frequency buzz 
originates from the terminal shock i n  the diffuser or from some phenomena 
i n  the bypass system. 
It' i s  indicated in figure 7 that the peak pressure ratio obtained 
wi th  this  configuration a t  a Mach  number of 1.96 was about 0 .go. The 
inab i l i t y   t o  achieve weight-flow ratios greater than about 0.8 i s  
a t t r ibuted to  the fact  that the bypass exi t  area was not remotely con- 
t rol led.  The minimum bypass area allowed, therefore, was determined by 
in l e t  s t a r t i ng  requirements. For e x i t  plug settings larger than those 
required for the data presented, obvious errors i n  pressure measurements 
a t  the compressor face, presumably associated with the unsteady flow 
present, prevented accurate weight-flow calculations; therefore, these 
data are not presented. 
Typical total-pressure distributions over the duct of the assumed 
compressor face station are presented in figure 8(a).  Here the local 
values of  pt/pt,m are plotted  against  (r/rmax)2. For the  cases where 
near maximum average pressure ratio was obtained, it i s  seen that the 
total-pressure distribution over the duct was f a i r l y  f la t .  Generally, 
the departures from uniformity were about t 2  percent. Only for cases 
near the maximum weight-flow ra t ios  where the terminal shock stands i n  
the subsonic diffuser was there any large distortion. The tendency f o r  
the pressure ratio to drop off toward the center of the duct (where 
(r/rmax)2 = 0) probably indicates the presence of a normal shock segment 
i n  the compression wave pattern o r  vortex core, or both, on the axis of 
the. diffuser. - 
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The var ia t ion   in  weight-flow r a t i o   f o r  peak pressure  ratio with 
changes i n  bypass exit area are presented as figure 9 .  The width of 
the hatched envelope curve indicates the possible experimental error 
band and corresponds to  the maximum total-pressure ratios afforded by 
this inlet  for the usable engine weight-flow range a t  the t e s t  Mach 
number of 1.96. It i s  indicated that, f o r  this design, a considerable 
change i n  geometric bypass area was necessary before an appreciable 
sh i f t  i n  t he  weight flow fo r  peak pressure ratio was obtained. It is 
apparent from this result that there was e i ther  a large change in   t he  
losses  in  the bypass flow with changes i n  bypass area or the choking 
area of the bypass system i s  not always located a t  the geometric e x i t  
area. It appears, however, tha t  a range of engine weight-flow r a t i o  
(0.55 =< we/wc 5 0.8) a t  average pressure ratios between 0.8 and 0.9 
can be obtained with this design a t  Mach numbers near 2.0 through the 
use of a variable bypass area control. It should be noted that this 
configuration i s  not considered t o  be optimum from any standpoint and 
most probably could be improved by a number of changes. For example, 
the longitudinal static-pressure distributions for this configuration 
( f ig .  10 i s  typical) indicate that fo r  maximum total-pressure ratio the 
static-pressure rise i s  95 percent complete a t  t h e  end of the s lot ted 
supersonic diffuser. The long subsonic diffuser increases the static 
recovery only about 5 percent. It would appear reasonable t o  expect 
tha t  a gain  in  both mean pressure  ratio and stable weight-flow r a t i o  
range could be obtained by increasing the length of the s lot ted 
supersonic portion of the diffuser system. There would, of course, 
be a corresponding reduction i n  bypass s l o t  width and depth i n  order 
t o  maintain, i f  desired, the present bypass flow ra te .  From the 
standpoint of the designer it would probably be advantageous t o  reduce 
the subsonic diffuser length, since the diffuser contributes little in 
pressure ratio, and t o  change the duct diameter to i t s  desired size 
by making use of the reduction of duct cross-sectional area caused by 
the presence of the spinner-shaped accessory housing that normally 
protrude6 as a center body ahead of the engine. In addition to these 
possible changes, there is  also the possibi l i ty  of changes i n  bypass 
s l o t  and ducting design i n  order to obtain a more optimum supersonic 
diffusion. 
The variation of mean total-pressure  ratio w i t h  engine weight-flow 
rat io  for  the Mach number 2.06 design "boundary-layer compression in l e t "  
i s  presented'in figure 11 for various bypass areas as obtained a t  a 
Mach  number of 1.96. It is shown that  the peak pressure ratio f o r  this 
configuration (M = 1.96) w a s  about 0.90. This re su l t  is comparable t o  
the results obtained w i t h  the slotted diffuser conffguration and other 
more  common configurations such as conical spike inlets and i s  somewhat 
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surprising inasmuch as the   ra t io  was obtained without a physical com- 
pression surface. The var ia t ion in  pressure rat io  with weight-flow 
r a t i o  fo r  this case was dependent upon the boundary-layer characteristics 
inside the cowl o r  shroud. As indicated in the figure,  only sl ightly 
better  than normal shock recovery was obtained with the inner surface of 
the cowl smooth. With large roughness particles fixed, as indicated in 
figure 5, much higher pressure ratios were obtained. The reason for this 
resu l t  i s  not clear from the data obtained in the present, limited tests. 
The buzz points which bracket the range of s table  flow f o r  some of the 
cases presented indicate the onset of the two types of buzz noted e a r l i e r  
in  th i s  sec t ion .  The uniformity of total  pressure over the duct cross 
sect ion  a t   the  assumed compressor s ta t ion  was as good fo r  this  i n l e t   a s  
for  the s lot ted inlet. (Compare f igs .  8(a) and 8(b).) 
The va r i a t ion   i n  weight-flow r a t i o  from peak pressure r a t i o  with 
var ia t ion  in  bypass area i s  shown in figure 12. It should be noted that 
the hatched wide envelope curve i s  much f l a t t e r   f o r  this design than for 
the slotted diffuser design (fig . 9 )  . Furthermore, the variation i n  
weight-flow r a t i o  w i t h  var ia t ion   in  bypass area i s  much more systematic 
than i n  the slotted diffuser case. As was mentioned previously, this 
difference  in flow phenomena between the two designs may possibly be 
at t r ibuted t o  the bypass loss difference between the two cases and may, 
therefore, be subject  to  change with changes in  the s lot ted diffuser  
design. 
It should be noted that near design Mach number (M = 2.06) this  
inlet   design  principle w i l l  provide uniform and stable airflow over a 
range of weight-flow r a t i o  (0.55 We/Wc 6 0.75) a t  pressure ratios 
between 0.86 and 0.90. Here, again,  the maximum value of We/Wc could 
probably be increased by remotely controlling the bypass exit   area.  
The var ia t ion  in   total-pressure  ra t io  w i t h  engine weight-flow r a t i o  
fo r  two bypass area settings i s  presented in  f igu re  13. These data were 
obtained from t e s t s  at  a Mach  number of 2.55. As indicated, the peak 
pressure ratio obtained was 0.81. The variation of pressure ratio w i t h  
we/wc greater than that f o r  peak pressure ratio was s imilar  to  that 
obtained w i t h  the s lo t ted  d i f fuser  in le t .  This trend was not observed 
for  the Mach  number 2.06 design. The presence of boundary-layer t r i p  wires 
( f ig  . 5) seemed t o  ' cause a reduct ion  in   pressure  ra t io   for  a l l  weight-flow 
ratios except those near peak pressure-ratio value. This result i s  i n  
contrast to,the requirement of roughness in   the Mach number 2.0 design 
case i n  order to obtain peak pressure ratios.  A t  the smaller bypass area 
presented, a hysteresis loop- of.pressure recovery against weight-flow 
r a t i o  is apparent which is a general   characterist ic of high-perfmmance . .  . . 
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internal-contracting inlet  designs such as the ones tested here. This 
hysteresis loop i s  not necessarily of great  importance, provided opera- 
t ion  of the in le t  is kept near the peak of pressure ratio curve. 
It should be noted that even a t  a Mach number of 2.55 the   to ta l -  
pressure distribution a t  the compressor face s ta t ion was f a i r l y  uniform 
( f ig .   8 (c)  ) . 
DISCUSSION OF RESULTS 
By observation of a shadowgraph of the inlet  during the tests, it 
was assured that the cowl flowed f u l l  a t  a l l  times; hence, there i s  no 
drag associated with the entering flow. The drag, i n  th i s  ca se ,  i s  
associated entirely with the external cowl shape, which can be optimum- 
ized, and w i t h  the  losses  in  bypassed flow, which should be amenable t o  
control through proper design. Inasmuch as no acceptable bypass l o s s  
or drag measurements were obtained during these tes ts ,  a comparison of 
the present methods of supersonic compression with other methods can be 
made only on the basis of internal-flow characteristics. Figure 14 
provides an insight Into the re la t ive  poten t ia l i t i es  of these present 
methods insofar as average pressure ratio is  concerned. In  th i s  f igure ,  
the maximum average total-pressure ratio for each inlet  configuration 
compared i s  shown plot ted as a function of Mach number. It is  indicated 
that  the peak pressure ratio for the present designs is  above t h a t  f o r  
fixed conical spike inlets and a l so  above those of a translating spike 
i n l e t  which was designed to alleviate pressure drag a t  Mach numbers of 
2.5 and above by having zero l i p  camber (ref. 1). The present peak 
pressure ratios are indicated to f a l l  below those of a t ranslat ing 
spike inlet, designed for a Mach  number of 3.0, which incorporates inlet  
l i p  camber and boundary-layer removal a t  the throat (ref.  3 ) .  The 
curves of constant kinetic-energy-efficiency levels (ref.  7) a l so  shown 
in  f igure  14  indicate that  the present inlet designs are f a i r l y   e f f i c i e n t  
insofar as pressure ratios are concerned. The range of stable uniform 
weight flow a t  high pressure ratios and a t  specif ic  Mach numbers for   the  
present cases i s  somewhat larger than those measured for the reference 
configurations. This feature should be s ignif icant ly  advantageous  from 
an operational standpoint. 
It i s  apparent that if the bypassed flow can be discharged without 
excessive loss and i f  the external cowl shape can be designed for low 
drag, the overall performance of the present air-inlet designs could be 
good. Additional research to provide information concerning both 
internal  character is t ics  as well as drag due t o  bypassing flow for a range 
of Mach numbers and angles of attack over which such i n l e t s  are required 
t o  operate i s  needed p r io r   t o  complete evaluation of these present super- 
sonic inlet designs. 
12 
CONCLUDING RFs(IARKS 
A limited  investigation  of  the  internal-flow  characteristics  of two 
novel  designs  of  internal-compression  devices has been  made  in  the 
Langley 9- by  12-inch  supersonic  blowdown  tunnel  at  near  the  design  Mach 
numbers  of 1.96, 2.06, and 2.50. The  results of this  investigation  showed 
that a longitudinally  slotted  contracting  surface  tested  at M = 1.96 
and  the  effective  contracting  surface  resulting  from  the  natural 
thickening  of  the  boundary  layer  in a short  confined  channel  tested  at 
M = 1.96 and M = 2.55 can  be  used  to  obtain  pressure  recoveries  up  to 
at  least 0.90 of free-stream  total  pressure  at a Mach  number  of 1.96 and 
up  to  at  least 0.81 of free-stream  total  pressure  at a Mach  number  of 
2.55. These  recoveries  were  obtained  while  bypassing  approximately 35 
and 25 percent of the  captured  flow,  respectively.  The  compression  sur- 
faces  also  afforded a range of stable  and  uniform  flow  near  the peak 
pressure-ratio  value. 
Additional  research  is  needed  to  optimumize  these  designs  and  to 
establish  the  drag  due  to  the  bypassed  flow  and  the  performance  charac- 
teristics  at  off-design  flight  conditions. 
Langley  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va. , May 26, 1958. 
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TABU I .- DESIGIN COORDINATES FOR SLOTS OF IESIGN 1 
edge 
s lo t  
Z1 and Z2 perpendicular to center line of slot. Side walls beneath 
overhang parallel to center line of s lo t  except where 23 is used. 
r 
Station 
0 
.2 
.4 
.6. 
.8 
1.0 
1.2 
1.4 
1.6 
1.8 
2.0 
2.2 
2.4 
2.5 
2.6 
2.8 
3.0 
3.2 
ri 
0.961 
929 
.goo 
.874 
.849 
.828 
.810 
-795 
.781 
-771 
.761 
755 
-755 
~~ 
Slot Coordinates 
r0 
0.961 
950 
.959 
976 
1.005 
1.036 
1.073 
1.113 
1.151 
1.189 
1.223 
1.273 
1.298 
1.311 
1.311 
1.311 
1.3i1 
Zl 
0.125 
.125 
.127 
.I29 
.129 
.130 
.130 
* 127 
.121 
.112 
.098 
.070 
.030 
0 
z2 
0.125 
.127 
.131 
.134 
.135 
137 
.138 
.140 
.141 
.145 
.147 
,150 
.167 
.226 
.285 
.353 
.431 
.510 
z3 
0.121 
.125 
.125 
.125 - 127 
.130 
135 
.172 
.220 
.296 
1 
1 
Z 
9 
R 
Longnudinol SI(X 
Bypass exit control  ring Dynamic-pressure  pickup 
Static-pressure orifices 
Compressor  measuring  station (dia.= 1.84) 
Remotely actuated  exit  plug 
-* 1 
I 1 L33.00 Max. dia. I 
Station 0 2.87 8.78 
I 
12.92 
Front view Section A-A 
Figure 1.- Sketch showing detai ls  of slotted inlet design. All dimensions are in inches.  
V 
0 1 2 3 4 5 6 7 8 9 
x, inches 
Figure 2.- Mach number distribution assumed for one-dimensional calcd,at ion of duct area 
development. 
i '  
0 .2 .4 .6 .8 1.0 1.2 1.4 1.6 1.8 2.0 2.2 2.4 2.6 
Distance along slot, inches 
Figure 3 . -  Distribution of local flow removal  used  in  calculating s l o t  shape  and  bypass  geometry. 
Dynamic-pressure  pickup 
Compressor measuring station (dia.= 1.92) 
I 
Station 0 3.50 9.53 13.65 
Section A-A 
e 
Figure 4. - Sketch  showing  details of boundary-layer  compression  inlet  design. Maes = 2.5 
shroud shown. Al dimensions  are in inches. 
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.O1 
'"'L 
-I- k 
L 
0 
0 
o? 
4 5.000 
7- 500 
I 
- I.. 062 4 L . 2 5 0  \.021  dia. t r i p  wires 
Mdes = 2.50 inlet shroud 
I I ?  0 
I 
k 
i Leading edge of  subsonic  diffuser 
.750 s t r i p  of .012 - .018 dia. roughness 
Maes = 2.06 inlet shroud 
Figure 5.- Sketch  showing  design  dimensions of Mdes = 2.06 and 
Maes = 2.5 inlet  shrouds for design 2. .All dimensions are 
in inches. 
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0 
0 Total 
0 Static 
0 - 6 1/4 
Scale 
Figure 6.- Distribution of total- and static-pressure  tubes  at assumed 
engine compressor measuring  station for slotted  inlet and for 
boundary-layer compression inlets. 
I 
1.0 
.9 
/ , , , 
” - dB- * 
.7 - 
0 
d 
P 
t Open symbol-atable   f low F l l l e a  symbol-buzz Half f i l l e d  s y m b o l - u n s t e a d y  f l o w  
.3 .4 .5 .6 .e .9 
Engine weight - f low  ra t io ,   Engine   weight - f low  ra t io ,  -k 
WC WC 
- .  
Figure 7.- Variation in mean  total-pressure  ratio  with  engine  weight-flow  ratio  for  various 
bypass  exit-area  settings.  Slotted  inlet. M, = 1.96. 
0 cn 
I 
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(b) Design 2 (Maes = 2.06). 
(c) Design 2 (Maes = 2.50). 
Figure 8.- Typical  distributions of total-press%ure  ratio  over  duct  at 
assumed engine-inlet  station. 
1.0 
.6 
Engine  weight-flow  ratio, - we 
WC 
Figure 9.- Variation i n  engine weight-flow ra t io  f o r  peak average pressure r a t io  with changes 
i n  bypass ex i t   a rea   for   s lo t ted  inlet .  
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0 1 2 3 4 5 6 7 8 9 
Distance,  inches 
Figure 10.- Typical  variations in longitudinal  static-pressure  distri- 
butions with changes in engine  weight-flow  ratio for the  slotted 
inlet.  Ticked symbols indicate  pressures measured in rake plane. 
M, = 1.96; - = 0.74. *b 
A, 
4 
.2 . 3  .4 .5 .b .7 .8 
mglne walght-flow r a t l o ,  2 
WC 
I I I I I I I  
0 Cowl surface smooth 
-- 0 Roughness lnatnl led 
Open symbol-stable  flow 
Half f i l l e d  agmbol-unsteady flow -- F i l l e d  symbol-buzz 
.2 . 3  .4 .5 .b .7 .8 
Engine weight-flow ratio, 5 
I C  
Figure 11.- Variation  in  mean  total-pressure  ratio  with  engine  weight-flow  ratio for v r us 
bypass  exit-area  settings.  Boundary-layer  COmpreSSiOn  inlet.  Mdes = 2.06; M, = 1.96. 
u [u 
.3 .4 .5 .6 ' 7  .a 
Engine  weight-flow  ratio, - we
WC 
.. . 8 
Figure 12.- Variation in engine  weight-flow  ratio  for  peak  pressure  ratio with changes  in F 
bypass  exit  area.  Boundary-layer  compression  inlet. Maes = 2.06. 
wl 
0 
ch 
NACA RM ~ 5 8 ~ 0 6  
.6 
.5 " d 0." 
.4 
.2 .3 .4 .5 .6 .7 .a 
Engine weight-flow ratio, - We 
WC 
Figure 13 . -  Variation  in mean total-pressure ratio with engine weight- 
flow r a t io  fo r  two bypass exit-area settings. Boundary-layer com- 
pression inlet .  Mdes = 2.5;  M, = 2.55. 
L 
28 NACA RM L58F06 
"" Envelope of bes t  s ing le  cone i n l e t s  
"- Kinetic energy efficiency (ref.  7) 
0 Translating  spike,  Mdes = 2.5  ( ref .  1) 
Translating  spike  with boundary-layer control,  Maes = 3.0 (ref .  3 )  
0 Presen t   s lo t t ed   i n l e t  
Boundary-layer compression i n l e t ,  Mdes = 2.06 
Boundary-layer compression in l e t ,  Mdes = 2.50 
1.8 2.0 2.2  2.6  2.8 
Free-stream Mach number, Moo 
Figure  14.-'Comparison of peak average  total-pressure  ratios of a number 
of good air  inlets with those of the  present  designs. 
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NOTES: (1) Reynolas number is  based on the diameter 
of a circle   with  the same area as t ha t  
of the capture area Of the  in le t .  
(2) Ihe symbol * denotes  the  occurrence of 
buzz. 
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